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be measured by tracking any of the freely falling devices. An
alternative would be to launch a sounding rocket simultane-
ously with the launch vehicle. Since it will rise much faster
than the launch vehicle, an alkali vapor ejected from it would
be a good measure of the wind actually existing at the time of
the launch vehicle ascent.
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Feasibility of Large Launch Vehicle Recovery
S. A. MlLLIKEN*

Hughes Aircraft Company, El Segundo, Calif.

Recovery of stages of large two-stage launch vehicles is examined for two design approaches:
1) the basic expandable stage is adapted for recovery by adding recovery equipment and
strengthening the basic vehicle for repeated launches and recoveries, or 2) the basic vehicle
is designed for recovery in an optimum manner by shaping the vehicle to achieve aerodynamic
stability for the re-entry and terminal descent phase. Aerodynamic loads are calculated to
be <15 g's for either stage. Thermal protection for the first stage is required for small thin-
walled structures only; large structures absorb the aerodynamic heating without exceeding
allowable temperatures. All exposed second-stage structure requires thermal protection.
Terminal deceleration is best accomplished by a combination of parachutes and rocket de-
celerators. Water alighting loads are estimated to be 10 g's if the rocket decelerators bring
the recovered stage to a hovering condition over the water. An economic estimate indicates
that use of first-stage recovery in a program consisting of 100 launches could reduce direct
operating cost by 33% and over-all program cost by 20%.

Nomenclature

a = acceleration, ft/sec2

A, B = const (in equations for rocket mo tor weights)
CD = vehicle drag coefficient
F = rocket decelerator thrust, Ib
g = earth's gravitational acceleration
hs = enthalpy of air stream at stagnation point, Btu/lb
hw = enthalpy of air at wall surface, Btu/lb
hm = enthalpy of air at 300°C, Btu/lb
Ia = specific impulse, sec

N = deceleration, N = (F/W) - 1, g
K = const (in equations for water alighting loads)
p = pressure, psf
qc = stagnation-point convective heat-transfer rate, Btu/ft2-

sec
Rn = nose radius of curvature, ft
t = time from retrorocket ignition, sec
V = instantaneous velocity, fps
VQ = initial velocity, fps
W = vehicle weight, Ib
Wr = retrorocket weight, Ib
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Fig. 1 Recoverable launch vehicle, configuration I.

Wp = propellant weight, Ib
Wpay = payload weight, Ib
x = vehicle longitudinal station, in.
y = vehicle lateral stations, in.
p = water density, atmosphere density, lb/ft3

Po = sea-level atmosphere density, lb/ft3

PCO = freestream atmosphere density, lb/ft3

Introduction

APRACTICAL, lightweight recovery system for large
launch vehicle stages would reduce program costs.

Secondary benefits would accrue from the possibility of im-
proving the basic vehicle design as a result of the inspection
of the systems and components which have undergone actual
flight experience. The present paper examines the technical
feasibility of recovery of large rocket booster stages. Since
the weight of each empty stage exceeds the gross weight of
the largest aircraft, reappraisal of recovery techniques is re-
quired to determine feasibility. The results obtained in
selected critical design areas are presented in parametric
form to facilitate preliminary design studies of recoverable
launch vehicles.

The study is based on a two-stage launch vehicle for mis-
sions requiring injection into low-altitude circular earth
orbit. Staging velocity for an expendable vehicle is selected
to minimize the cost of injecting a given payload into orbit,
and stage recovery studies are performed about this optimum
cost point. First-stage burnout occurs at approximately
11,000 fps for liquid-propellant launch vehicles using liquid
oxygen and hydrocarbon propellants for the first stage and
with liquid oxygen and liquid hydrogen propellants for the
second stage. The first stage follows a ballistic path follow-
ing separation with a range of approximately 700 naut miles
to the recovery area. Second-stage recovery may be initiated
after one or more orbits. Second-stage recovery operations
could, therefore, be carried out near the launch site.

Design Approaches

During atmospheric entry, the recoverable body should be
oriented in a preferred direction to receive the deceleration
loads; this requires both static and dynamic stability.
Aerodynamic stability may be obtained through the use of
inflated structures, the addition of fins, or by proper shaping
of the body. Initial orientation to the preferred direction
would be desirable, but it is not expected to be required for
all approaches. If aerodynamic stability is to effect the
reorientation during the initial period of re-entry, the re-
coverable body should exhibit only one statically stable
orientation. This criterion is generally met with cone-
cylinder-fin or cone-cylinder-flare configurations. Body
configurations that approach ellipsoids of revolution, how-
ever, exhibit two stable points that are diametrically opposed.
This latter configuration could either be equipped with initial
orientation controls or a high-drag device could be trailed to
establish the preferred orientation.

Two general design approaches are considered. The first
consists of adapting the basic expendable vehicle configura-
tion to recovery through the addition of a heat shield, stabiliz-
ing fins, and a terminal deceleration system. A recoverable
first-stage configuration with static aerodynamic stability
is shown in Fig. 1. The heat shield is integrated with the
fore ward propellant tank bulkhead, and the fins are extended
from the engine fairings.

In the second approach (Fig. 2), an aerodynamically stable
configuration is established by means of a suitable propellant
tank arrangement. Stability is achieved if the nose radius
of curvature is greater than the distance from the nose to
the center of gravity The size of the heat shield influences the
useful angle-of-attack range. A body of fineness ratio greater
than unity will require the addition of either fins or flared after-
body to achieve a useful range of static stability. A body
of low fineness ratio may be designed to be inherently stable
over a useful angle-of-attack range. Orientation control is
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120 ft

Fig. 2 Recoverable launch vehicle, configuration II.

required to assure proper initial atmosphere entry flight atti-
tude, and stability augmentation is required. The principal
advantage of this design approach is the low length-to-
diameter ratio, which facilitates handling on the earth's
surface.

Terminal deceleration devices that have been considered
include parawings, rigid wings, rotors, balloons, parachutes,
and retrorockets. The parawing1 permits steering to a
desired recovery area, except that first-stage boost trajectories
preclude a return to the launch area and retrieval is probably
not greatly assisted by steering to a point in midocean.
Technical drawbacks include higher weight compared to
parachutes and the necessity of deployment at relatively high
dynamic pressure. Rigid wings would provide the same
maneuverability as par a wings, but would be the heaviest
recovery device. Rotors can produce drag through auto-
rotation, but NOVA stage recovery would require disks ap-
proximately 500 ft in diameter, and the concept collapses
under practical design rationality. Large balloons could
achieve buoyancy by heating captured ram air2; this tech-
nique would permit gentle touchdown in calm weather and
could provide a solution to some of the handling problems.

In comparison to the preceding, the parachute is light and
relatively well developed; 100-ft-diam cargo parachutes are
in use, 200-ft-diam canopies have been fabricated experi-
mentally, and diameters up to 300 ft would not exceed
requirements for currently available parachute materials.3
Figure 3 illustrates, in a general way, the relationship of
parachute cluster dimensions to basic stage dimensions.
Solid-propellant retrorockets also look promising, especially
when used in conjunction with parachutes. High-thrust
motors have been developed in a number of missile programs;
for this application, accurately timed ignition (and hence
precise height sensing equipment) is required.

Because of the large size of booster stages, an extension in the
present state of the art is required for all recovery approaches
considered. The booster vehicle itself presents size problems
in the areas of design, manufacturing, and transportation, so
that such problems should not be considered a serious de-
terrent to the applicability of recovery systems. The use
of parachutes and solid-propellant rockets in combination

Fig. 3 Parachute recovery of NOVA launch vehicle stage.

offers the lightest system and requires the least extension
of current technology. The decelerated recoverable launch
vehicle stage is permitted to drop into the water. Alighting
loads must be commensurate with other operational loads
to achieve an efficient structural design. Shaping of the
heat shield or forward bulkhead is important. The large
empty volume of the propellant tanks eliminates the need
for flotation devices.

Design Conditions

The vehicle must withstand atmosphere entry, terminal
deceleration, and alighting on the open ocean and be accept-
able for refurbishment. This constitutes one test for feasi-
bility. The following analyses are based on recovery initi-
ation velocities of 11,000 and 26,000 fps for the first and
second stages, respectively.

Aerodynamic Loads

The maximum load factor experienced by an object
decelerating in the atmosphere is a function of the initial
conditions of velocity, altitude, and flight-path angle, and is
essentially independent of ballistic coefficient. Nominal
conditions of first-stage separation result in a peak load factor
of 15 g's, which is a reasonable load level for the principal
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-5

Fig. 4 Peak atmosphere entry load factor for orbital stage
recovery.
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Fig. 5 Atmospheric entry profiles, suborbital recovery.

structural elements of the stage in view of the lightweight
condition after first-stage burnout. Maximum load factor
is not rapidly reduced by selecting a reduced separation ve-
locity; the effect is nearly linear from 15 g at 11,000 fps to
11 g at 7500 fps. For the second stage, the effect of entry
angle on peak longitudinal load factor is shown in Fig. 4.
A maximum entry angle of —4° is suggested to keep the
load factor below 15 g, but the entry angle must be > — 2°
to prevent skip-out.

Aerodynamic Heating

The calculation of aerodynamic heating during the at-
mosphere entry has been approached by means of the Kemp-
Riddel equation for stagnation-point heating4-5:

qc = 17,600 v
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Fig. 7 Stagnation-point peak temperatures: radius of
curvature = 50 ft.

Figure 5 shows typical first-stage trajectory data for ob-
jects with ballistic coefficients ranging from 100 to 400.
Total heat input to a cool ablating surface is plotted in Fig. 6
as a function of the ballistic coefficient and nose radius. For
nonablating surfaces, skin temperatures are dependent upon
the thermal capacity and emissivity of the surface. Esti-
mated peak temperatures at the stagnation-point vs wall
thermal capacity for a nose radius of 50 ft are shown in
Fig. 7. Insulation and ablative coatings may be used to
provide thermal protection for thin exposed components.
Large structures, which generally would be constructed with
heavier skins, experience smaller heating rates, so that
thermal protection may not be required for the major struc-
tural items.

Recovery of upper stages from earth orbit presents a more
formidable design problem. Figure 8 shows typical decelera-
tion profiles for an initial flight path angle of —3° (measured
from local horizontal plane) for bodies with ballistic coeffi-
cients of 50, 100, and 200 psf. The stagnation-point heat
loads for Rn = 50 ft are shown in Fig. 9. Reduced heat
loads at higher entry angles are due to shorter transit times.
Ablative and/or insulative coatings are required for exposed
structure.

Terminal Deceleration

Parachutes are employed to decelerate the recoverable body
to a descent rate of the order of 100 fps, and then retrorockets
decelerate it to an acceptable water entry velocity. For
suborbital entry, subsonic speeds are attained at suitable
parachute deployment altitudes, as indicated in Fig. 10.
Subsonic speeds are achieved at even higher altitudes for

300

Fig. 6 Stagnation-point heat load to a low-temperature
surface.

0 5 10 15 20 25

VELOCITY, THOUSANDS OF FEET PER SECOND

Fig. 8 Atmosphere entry profiles, oribital recovery.
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Fig. 9 Stagnation-point heat load, orbital recovery;

orbital recovery operations because of the shallower entry
flight-path angles utilized. Supersonic parachutes have been
developed and tested in the range of Mach 1.0 to 2.O.6 Drag
balloons or cones are feasible to even higher speeds.

The load factor due to parachute-opening shock deter-
mines the strength (hence weight) required. A typical con-
figuration with W/CDA = 350 psf will have a velocity of 1050
fps at 20,000-ft alt, giving a dynamic pressure of 770 psf but
at 100 fps at sea level, the dynamic pressure is only 11.9; psf
(Fig. 10). Thus four and perhaps five stages of deceleration
are desirable. For this case, four stages would be recom-
mended. These stages would typically consist of a reefed
fist-ribbon type of drogue chute, disreefed drogue chutes,
reefed main chutes, and disreefed main chutes.

250 500 750 1000

VELOCITY, FEET PER SECOND

1250

5 10 2 5 10 2

RECOVERABLE WEIGHT, POUNDS

5 10'

Fig. 11 Parachute cluster selection chart, fist-ribbon-
type.

The massiveness of recoverable booster stages presents the
single greatest departure from current parachute recovery
practice. Parachute clusters offer advantages in smaller
size and improved dynamic stability. Clusters of three to
seven of the flat circular type have been observed to exhibit
oscillations of less than 5°.6- 7 Cluster data are presented
on Figs. 11 and 12 for fist-ribbon and flat-circular parachute
clusters, respectively. A 106-lb stage can be decelerated to
a velocity of 250 fps by four 100-ft-diam fist-ribbon drogue
parachutes. A cluster of four 200-ft-diam flat-circular
parachutes is required to achieve a terminal descent rate of
100 fps. A single parachute to achieve the same terminal
descent rate would have to be 400 ft in diameter. Weights
of individual parachutes are shown in Fig. 13 for the deploy-
ment conditions noted. These weights assume the use of a
large number of medium-strength suspension lines; e.g., a
100-ft-diam fist would require 180-10,000-lb-test suspension
lines. Main parachutes would use an even larger number
of lower-strength suspension lines to minimize weight. Fig-
ure 14 shows estimated parachute system weight as a frac-
tion of recovered weight.

A brief analysis of the dynamics of the vehicle during
retrorocket operation in the final phase of descent is as fol-
lows. The equation of motion is

WV/g = W - F - CD PV*/2g

It is assumed that terminal descent velocity has been achieved

[0

10 5 I05 2 5 I0b 2

RECOVERABLE WEIGHT, POUNDS

10'

Fig. 10 Terminal altitude- velocity profile, suborbital
recovery .

Fig. 12 Parachute cluster selection chart, flat-circular-
type.
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Fig. 13 Parachute weight characteristics.

prior to the ignition of the rocket decelerators. The rate of
descent as a function of time during firing is given by

tan~W~1/2 - ttm-^V/VvN1'2) = gt/VoN1^
where N =. (F/W) — 1. The time required to decelerate
to a hovering condition with zero rate of descent is

t = (Vo/gN1'*) tan-W-1/2

Thus t/Vo is a function only of N} or the thrust-weight ratio.
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Fig. 14 Parachute deceleration system, weight fraction.
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Fig. 15 Retardation rocket-vehicle weight ratio.

Rocket motor inert weights may be divided into a fraction
that is dependent on thrust and a fraction that is dependent
on propellant loading. Thus

Wr = AF + BWP + WP

Dividing by total vehicle weight W and setting Wp = Ft/I8

Wr/W = (F/W) [A + (1 + £)«//.]

Curves of typical retrorocket weight fraction for deceleration
to a hover condition are shown in Fig. 15. Results from
Figs. 14 and 15 lead to an optimum recovery system when
the parachute subsystem is designed for a terminal descent
rate of approximately 120 fps (Fig. 16).

Variances in parachute drag loss with one parachute
missing, altimetry, rocket ignition time, impulse, and the
effects of ocean surface waves lead to the expected maximum
deviations shown in Table 1. It is extremely improbable
that maximum rate of descent should occur simultaneously
with maximum hover height. An elliptical distribution
is proposed as a design criterion as illustrated in Fig. 17.
This curve is tangent to the altitude-velocity plot for a free
fall from a height of 14 ft. The resultant alighting velocity
is 30 fps. It is suggested that this be used for a design condi-
tion for the determination of water entry loads. A small
improvement may be achieved by designing the retrorocket
deceleration system to bring the vehicle to rest a few feet
above the surface of the water.

Water Alighting Loads

The parachute-retrorocket retardation system has been
shown to require a design water entry velocity of 30 fps. If
a parachute retardation system is employed without the aid
of retrorockets, it generally will be necessary to design for
water entry velocities of 70 fps or greater for large recovery
items. Alighting load investigations must also consider the
state of the water surface. Waves up to 12 ft and surface
winds up to 40 knots should be considered. This will assure
a high probability that the actual sea state will be less severe.8



MAY-JUNE 1965 FEASIBILITY OF LARGE LAUNCH VEHICLE RECOVERY 317

o b ui

0 50 100 150 200 250

APPROACH VELOCITY, FEET PER SECOND

Fig. 16 Parachute-retrorocket retardation system, weight
fraction.

The final design consideration is that the blast from the retro-
rockets will tend to displace the water immediately below
the vehicle. This effect is considered desirable because the
alighting loads will be shifted away from the center and
toward the sides of the vehicle.

Alighting loads for smooth water are determined by a
momentum exchange principle. The momentum of the
descending vehicle is equated to the total momentum of the
vehicle and displaced water, which is considered to be equal
to three-fourths of the water contained in a hemisphere of
diameter equal to the wetted diameter of the vehicle9 :

WV* = [W + (7T/2)P2/3]F

The lateral offset y is related to the depth of penetration x
by the equation of the generatrix of the surface entering the
water. For a conical surface, y = KIX ; hence

V = 70/(1 + K,x*)

where K- = irK^12 (p/W), which is in feet"3, and (1 +
K2x 3) is dimensionless. The deceleration and average pres-
sure loading are

a = 3K.2VQW/(l + K,x*)3

p = 3Klp

Typical results are plotted in Fig. 18 for a cone with dead

Table 1 Three-sigma deviations for parachute-retro-
rocket retardation system

Source of deviation

Air temperature, ±50°F
Parachute missing, 1 of 8
Altimetry, ±2%
Rocket ignition, ±0. 05 sec
Rocket thrust, ±5%
Rocket impulse, ±2.5%
Surface waves, 12 ft
Cumulative deviation,

root-sum-square

Altitude,
ft

0
0

±2
±6
+6, -7
±0.05
±6

±10, -11

Velocity,
fps

±5
+ 7

0
0

+25, -2
±3
±3

+27, -7

o
CD

10

I 0 10 20 30 40

V E L O C I T Y , FEET PER SECOND

Fig. 17 Water impact structural design criteria.

rise angle of 10°. Peak acceleration and the velocity and
depth at which it occurs are

yomax = 0.78 7o
£amax =-o.566 (

Peak load factor vs F0 is plotted in Fig. 19 for several cones.
The curves nominally apply to 106-lb vehicles but may be
adjusted by the ratio (WQ/W)l/3. Since the depth of pene-
tration for maximum acceleration is independent of the
approach velocity, the maximum load occurs over the same
area for normal approaches.

For a paraboloid of revolution, the surface generatrix is
y = Kzxl/2, which also applies for a spherical surface with

V = 70/(1
a = 3K, y0

p = 3PK,

where K± = irK^12 (p/W). Peak acceleration and the ve-
locity and depth at which it occurs are

amax = -0.715
y0max = 0.889 Fo
a;0max = 0.425

100 r — I0°

0 L
1 2 3 4

DEPTH OF PENETRATION, FEET

Fig. 18 Water impact transients for cone with 10° deadrise
angle.
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Fig. 19 Alighting loads on cones: W = 106 Ib.

Peak alighting loads are shown in Fig. 20.
It is concluded that the water alighting loads are approxi-

mately 10 g's peak. This is compatible with other design
conditions, so that it is not expected that severe weight penal-
ties would be incurred to design for water alighting loads.

will either diminish or the program may be expanded to take
advantage of the remaining launch vehicles.

Recoverable first- and second-stage weights are based on
an increase of the vehicle empty weight fraction of 17 and
25%, respectively, as compared to expendable stages. Table
2 presents estimated vehicle weights and program costs for
an expendable vehicle, a vehicle with recoverable first stage,
and a vehicle with both stages recoverable. Each vehicle
would place a 106-lb pay load into a low-altitude earth orbit,
using oxygen-kerosene in the first stage and oxygen-hydrogen
in the second. The launch program is assumed to require
100 launch attempts.10 For recoverable stages, it is assumed
that 25 units are required to provide flexibility in mission
assignment.

Manufacturing costs are based on an 85% learning curve
with production costs of $40/lb on the 100th production
unit.11 Propellant costs are estimated at $0.03/lb for oxygen-
kerosene and $0.13/lb for oxygen-hydrogen. Recovery
operations and retrieval costs are comparable with trans-
portation costs, which are assumed to be relatively small.
Refurbishment costs are based on a vehicle designed for re-
covery operations. Therefore refurbishment of the struc-
ture and propulsion systems should not be extensive for the
limited number of expected launches. Recovery systems
require major refurbishment but account for only 6.5% of
the total manufactured cost. Flight acceptance firings and
systems checkout represent operation costs that do not
appreciably vary for an expendable program or a recoverable
program. The retrieval and refurbishment cost per re-
covery cycle is therefore estimated to be 10% of the manu-
facturing costs. Development costs are assumed to be equal
to $2000/lb based on stage empty weight.

Table 2 indicates that a launch vehicle with a recoverable
first stage will show a direct operating cost 33% smaller
than that of a fully expendable launch vehicle. Recovering
both stages would reduce direct operating cost (DOC) by
36%. The DOC savings are somewhat offset by increases
in developmental costs, so that the net savings are 20% for

Economic Considerations of Launch Vehicle
Recovery

The expected number of re-uses for a launch vehicle stage
may be estimated by considering the reliability of the com-
plete cycle from launch through separation, atmosphere
entry, terminal deceleration, water entry, retrieval, and re-
furbishment, transport, assembly, and erection for the next
launch. The expected number of launches per vehicle is the
sum of the launch probabilities over the permissible number
of attempts.

The reliability of the first-stage operation from launch to
separation should be at least 0.9. Because the vehicle is too
heavy during the launch phase for the recovery systems to
operate satisfactorily, it is assumed that an aborted launch
leads to loss of the first stage. The reliability of recovery
operations should also be at least 0.9, so that the launch-
recovery cycle should have a reliability greater than 0.8,
which would improve with time. However, a considerable
time will be required for refurbishment of such large vehicles,
and in any program the process of improving reliability must
be terminated somewhat arbitrarily. For example, vehicle
production for a ten-year program could be scheduled for the
first three years, followed by refurbishing operations for the
remaining seven years, during which time it might be ex-
pected that a given vehicle might experience one launch
attempt per year. If this is the case, launch-recovery cycle
reliability greater than 0.88 would result in an average of 6
launches/vehicle. Thus it does not appear to be imperative
to develop extremely high recovery cycle reliability to
achieve useful results on a program. If large inventories of
launch vehicles are available for specific mission objectives,
then the expected number of launch attempts per vehicle

30
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Fig. 20 Alighting loads on spheres and paraboloids of
revolution W = 1C6 Ib.
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Table 2 Estimated vehicle weights and program costs
for 100-launch program with 106-lb payload vehicle

Item

Weights, 106 Ib
First stage

Dry
Propellant

Second stage
Dry
Propellant

Total (incl. TFpay)
Costs, $109

First stage
Manufacturing
Recov. and refurb.
Propellant

Second stage
Manufacturing
Recov. and refurb.
Propellant

Operations
Sub total, DOC
Developmental
Total cost

Both
stages

expend.

22.2
1.6

20.6
3.55
0.37
3.18

26.8

8.42
8.35

0.07
1.98
1.93

0.05
1.00

11.40
3.94

15.34

First
stage
recov.

23.9
2.0

21.9
3.55
0.37
3.18

28.4

4.65
3.52
1.06
0.07
1.98
1.93

0.05
1.00
7.63
4.74

12.37

Both
stages
recov.

26.2
2.2

24.0
4.00
0.50
3.50

31.2

5.12
3.88
1.16
0.08
1.19
0.88
0.26
0.05
1.00
7.37
5.40
12.71

first-stage recovery but only 17% for recovery of both stages.
However, considerations of reliability improvement and pro-
gram timing requirements (manpower) could be used to
justify second-stage recovery. Programs that involve
larger numbers of launches with smaller launch vehicles
are more adaptable to recovery and might show greater per-
centage savings than is indicated by the preceding analysis.

Concluding Remarks

Recovery of large-size booster stages has been shown to be
feasible from the standpoint of flight and water alighting
loads. Retrieval and refurbishing operations have not been
examined, but it is expected that approaches can be imple-
mented which will not result in excessive structural loads or
insurmountable handling problems. It is noted that the

second design approach would float on the water with the
rocket engines protected from saltwater immersion. This
could be a problem for the conventional configuration design
approach.

The question of recovery clearly is related to the size of
space operations to be undertaken in the future. Analysis
of past and current trends in space operations indicates an
exponential growth.10 The smallest program that would
marginally benefit from recovery is estimated to involve 30
launches with 11 recoverable vehicles.
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